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Abstract

This paper details the design, fabrication and testing of millimeter scale solid propellant
rockets for use as one-time deployment platforms carrying communication-equipped MEM S sen-
sor systems, known as Smart Dust. Each rocket assembly is an integrated system, incorporating a
combustion chamber, composite propellant grain, nozzle, igniter, and thermoel ectric power con-
verter. Solid propellant is advantageous for a millimeter-scale single-use device because of its
simple implementation, unlike liquid propellants, which require a more elaborate system of
pumps and valves. Therefore, the total system volume and complexity are minimized.

Combustion chambers were fabricated in various materials, including silicon wafers; how-
ever, thermal losses were too high to reliably maintain aburn. Therefore, cylindrical alumina
ceramic combustion chambers with thermal conductivitiesfive timeslower than silicon are used.
Thrusts of up tol5 mN have been measured for ceramic rockets weighing under 1 g, with specific
impulsesin the 10 to 20 srange. By reducing the propellant mass fraction and optimizing the
nozzle geometry, calculations show that flight producing thrusts can be generated.

Silicon nozzles integrated with polysilicon igniters and thermopiles for thermal power
conversion have been microfabricated in asingle process. Fuel ignition by polysilicon heaters
suspended on alow-stress nitride (L SN) membrane has been demonstrated. Ignitersrequire aslit-
tleas 0.2 W to ignite composite propellant, primarily composed of hydroxyl-terminated polybuta-
diene (HTPB) and ammonium perchlorate (AP). Theigniter is suspended for thermal isolation
through bulk post-processing by a backside deep reactive ion etch (DRIE). The etched hole
beneath the igniter also serves as a nozzle through which high-velocity combustion gases exit the
rocket. Thermopiles, which generate voltages proportional to hot and cold junction temperature
differentials, have been fabricated in the same process asigniters, and span backside DRIE ther-
mal isolation cavities. With potential temperature differences of hundreds of degrees and atotal
of 120 thermocouple junctions fabricated on the silicon nozzle chip, hundreds of milliwatts of
power could feasibly be produced during the microrocket’s flight and used to power Smart Dust
circuitry or potentially rocket control surfaces.
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1. Introduction

The goal of thisresearch isto develop a millimeter-scale rocket capable of one-time flight
with integrated thermal power converters for generating electrical power during propellant com-
bustion. Although rockets have been made on alarger scale for hundreds of years, several chal-
lenges stem from scaling rocket geometries to the millimeter scale. Among these challenges are
the fabrication and integration of micro components, inherent propellant flammability limits, and
increased thermal 1osses due to surface area-to-volume scaling.

Advances in micromachining technology make possible the patterning and etching of sub-
micron geometriesin avariety of materials. In the microrocket system, micromachining tech-
niques are used to fabricate the rocket nozzle with integrated ignition and thermal power conver-
sion devices. Even though micromachining techniques as presented enable microrocket
fabrication, the fundamental physics of the rocket system and scaling implications cannot be
ignored and will be discussed throughout.

The microrocket system discussed herein integrates rocket propellant, a ceramic combus-
tion chamber, silicon micromachined nozzle, polysilicon igniter, and thermal power converters
for generating electrical energy during rocket flight. Theory, fabrication of components, testing,
simulation, and integration aspects will be discussed. By no meansis microrocket performance
optimized in this body of research. Rather, the successes and failures of a comprehensive micro-
rocket system are presented, inviting further investigation of the limits and potentials of micro-
rocket fabrication, flight, and integration.

1.1 Application: Smart Dust Delivery

Advancesin the fields of digital circuitry, wireless communications and microel ectrome-
chanical systems (MEMYS) converge in the development of tiny, low-power, low-cost, autono-
mous sensor nodes known as Smart Dust, an ongoing research project at the Berkeley Sensor and
Actuator Center [1]. Each Smart Dust mote is designed with its own suite of MEM S sensors,
wireless communications, computing hardware, and a power supply, al within afew cubic milli-
meters (Figure 1). Thusfar, advancesin line-of-sight optical communication using corner cube
reflectors (CCR) [2] as passive transmitters and large DC deflection 2-DOF micromirros for beam
steering have been reported [3]. Additionally, preliminary platforms designed to test incoming
optical signal decoding, generate simulated sensor data with a pseudorandom number generator
and drive a CCR have been designed and fabricated in a0.25 um CMOS process [4]. Equipped
with the latest MEM S sensor technologies, networks of hundreds of Smart Dust nodes could be
deployed for monitoring device characteristics, chemical concentrations, or other environmental
data. By deploying Smart Dust over large areas, such as around a planet, with some minimum
spacing between motes, a communication network can be formed and data from any mote in the



network could eventually reach asingle base station. With these possibilities, one question that
remains to be addressed is: how will Smart Dust be deployed?
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Figure 1. Diagram of Smart Dust components.

Potential deployment options include dropping or scattering several Smart Dust motes by
hand or from micro air vehicles (MAV). Thistype of deployment will lead to dense mote distri-
butions in some areas and very sparse distribution in others. By deploying each mote from a base
station or MAV with a single-use microrocket, the Smart Dust distribution area could be
expanded by shooting motes in different directions. Microrockets could also be used for Smart
Dust deployment in situations where distribution by humans may be hazardous, such asin space
asillustrated in Figure 2.

1.2 Challengesin Rocket Miniaturization

Miniaturizing a rocket system presents challenges requiring careful consideration of pro-
pellant selection, material selection, rocket geometry, and integrated device characteristics. The
major scaling-related issues considered in this research are:

» Rocket fuel selection - A high energy density propellant that combusts though small cross
sections is required.
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Figure 2. Microrockets with Smart Dust payloads deploying
and maintaining periodic communication with satellite.
(satellite image courtesy of TheTech museum of innovation)

* Combustion - Since chemical reaction rates do not scale with size, combustion must be com-
pleted during the propellant’s residence time inside the combustion chamber.

* Ignition - Adequate energy must be supplied to the propellant by a microfabricated structure
to ignite the propellant.

* Propellant housing - Combustion chambers must provide thermal insulation to burning pro-
pellant and sustain high temperatures and internal pressures.

» Assembly and Fabrication - The rocket assembly volume and weight should be minimized
for flight capability. The use of microfabrication techniques is desirable for batch fabrication,
low cost, and integration with micromachined components.

» Power conversion - Efficient thermal power converters are necessary to generate useful lev-
els of electrical power during microrocket flight.

1.3 Previous Micropropulsion Work

Most previous work toward the development of micropropulsion systems has been for the
purpose of low-thrust generation for nanosatellite and microsatellite station-keeping and maneu-
vering applications. Jansehal [5],[6] discuss microfabricated cold gas thrusters, digital thruster
arrays, resistojets, and field ion engines. These thrust-producing devices have been fabricated
through various micromachining processes with thrust up to 1 mN for cold gas thrusters, and
impulses in the 0.09 mN-s range for the digital thrusters. The digital thrusters fabricated in this



study used resistive heatersto ignite a solid explosive which exited the combustion cavity prima-

rily unburned. Bayt [7] reports cold gas expansion microthrustersfabricated in a process allowing

arbitrary nozzle geometry within two dimensions. Bayt’s gas expansion thrusters produced thrust
in the 0-12 mN range for chamber pressures up to 100 psia. Other solid propellant microthrusters
were developed by Rosdtial [8], with thrusts of up to 1 g (equivalent to 9.8 mN). While effec-
tively producing the thrust levels required for some microsatellite and nanosatellite positioning
applications, none of these systems have been designed specifically for flight, and most require
some sort of sustained power input or gas hookup during operation.

1.4 Overview

This section presented research goals, described Smart Dust and the application of micro-
rockets for Smart Dust delivery, stated the major challenges involved in miniaturizing a rocket
system, and gave a brief overview of previous work on micropropulsion systems.

Section 2 addresses the choice of propellant for the rocket and parameters influencing
combustion as it relates to microrocket performance.

Section 3 discusses the theory governing thrust generation, nozzle geometry and overall
system efficiency.

Section 4 introduces the design and fabrication of the microrocket assembly.
Section 5 reports measured performance of microrocket components.

Section 6 gives an overview of thermal power conversion theory and presents simulation
and performance of fabricated thermopile devices.

Section 7 summarizes results and presents recommendations for improvements and
advancements of the system.

2. Propellant

Despite demonstrated rocket propulsion by methods including nuclear thermal rockets,
ion propulsion, and hall effect thrusters, chemical rocket engines remain the most commonly used
type [9]. Chemical reactants are second only to nuclear fuels in terms of energy density, which

for kerosene is on the order of 3.5%10L [10]. Chemical propellants have also been widely
researched and used reliably in applications ranging from booster rockets for the space shuttle to
numerous hobby rockets. Due to proven reliability and wide availability, only chemical propel-
lants were considered for this research.



2.1 Types of Rocket Fuel

The characteristics of different types of chemical rocket propellants were investigated to
choose the most appropriate fuel for amicrorocket. Chemical propellants are usually either solid
or liquid (Figure 3). Solid propellants are easy to use without special operating and handling
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Figure 3. Types of chemical rocket propellants

equipment and the fuel and oxidizer can be stored mixed at room temperature. Liquid propellants
are composed of liquid fuels and oxidizers that are stored separately and mixed at the time of
combustion. They require systemsfor storage and usage, including pumps, valves and sometimes
cryogenic tanks. For some applications, however, the complexity of handling liquid propellantsis
warranted because they often have higher specific impulses than solid propellants, and combus-
tion can be readily throttled or stopped altogether.

The metric for evaluating propellant performance is the specific impulse (I g,), which
describes the total force integrated over burning time per unit weight of the propellant. For con-

stant thrust and propellant flow, Ig, is given by:
_ Ft

Sp mg

where Ftisthetotal impulse (N-s) inwhich F isthrust (N), tistime (s), mis propellant mass (kg),

and g isthe gravitational constant (ms'z). The specific impulses of several common chemical pro-
pellants are listed in Table 1.



Propellant? Type oo [5]°
Hydrogen/Fluorine Liquid 410
Hydrogen/Oxygen Liquid 390
75% Ethyl Alcohol/Oxygen Liquid 279
AP-based with Al Solid 260-265
DB Solid 220-230
Polymer/AN Solid 180-190

Table 1. Specific Impulse of Various Chemical Propellants (adapted from Sutton)[ 11]
a. AP: Ammonium Perchlorate, DB: Double Base, AN: Ammo-

nium nitrate

b. For 1000psi combustion chamber expandingto 1 atm (14.7 psi) -
implies optimal nozzle expansion

2.2 Advantagesto Solid, Heter ogeneous Chemical Propellant

To achieve the smallest overall structure while preserving design simplicity and relatively
high specific impulse, a solid, composite fuel with ammonium perchlorate oxidizer (AP) was cho-
sen. The composite fuel is based on a standard propellant recipe provided by [12], and contains
74% AP, with 14% hydroxyl-terminated polybutadiene (HTPB) fuel binder, along with the other
ingredients listed in Table 1. Solid propellants with AP oxidizer generally have energy densities

of approximately 5 ng'1 and specific impulses up to 265 s (for 1000 ps chamber pressure

expanding to 1 atm).

Ingredient % by mass function
Ammonium Perchlorate 74 oxidizer
R45-M resin (HTPB) 14 binder/fuel
2 - Ethylhexyl Acrylate (EHA) 6.5 plasticizer
I sophorone Diisocyanate (IPDI) 35 curing agent
Fe,O3 1.25 combustion catalyst
HX-878 (Tepanol) 0.75 bonding agent

Table 2. Propellant Ingredients [ 12]




2.3 Composite Propellant Ignition and Combustion

Ignition occurs when sufficient energy isintroduced to the propellent through exposure to
a hot surface, radiant energy source, hot inert gas, pilot flame, explosive charge, or electrical
spark. Leading up to ignition, external heating of the propellant creates a temperature rise that
initiates chemical reactions at the propellant surface. These chemical reactions are exothermic,
further increasing the temperature and chamber pressure until ignition occurs and steady-state
combustion ensues.

Factors influencing ignition include igniter temperature, the duration that the propellant is
exposed to the igniter, and the area of fuel surface exposed to the ignition surface. Strong, or
high-power sources, that reach temperatures near the propellant flame temperature tend to ignite
propellant quickly, while weak sources require alonger exposure time [13].

The following discussion is motivated by research involving ignition and combustion of
AP-based propellants, as compiled by Kishore and Gayathri [14]. Ignition theories of AP-based
propellants suggest that while the influx of heat from an outside source catalyzes surface reactions
of the propellant, it isthe exothermic reactions taking place at or near the surface of the propellant
that allow conditions suitable for combustion to be reached. From this information, ignition can
be thought of in two phases. Firgt, theinitiation by an outside heating source, and second, exo-
thermic chemical reactions on the propellant surface which lead to ignition. When taking placein
a combustion chamber, the pressure rises only slightly as aresult of the ignitor heating, plateaus
for a short time, then rises more during the second phase, and reaches the design chamber pres-
sure after full-fledge combustion begins.

AP is stable at room temperature, which makes safe propellant storage easy. Around 420
K, decomposition begins, and between 520-620 K, it goes to completion, corresponding with the
propellant ignition temperature. Additionally, above 700 torr (1 atm = 760 torr), AP decomposes
completely, as depicted in Figure 4.

At ambient pressure, oxidizer decomposition is the controlling reaction. AP also decom-
poses slower than the fuel binder at temperatures less than 650 K. Since the surface temperature
of the propellant is expected to be below 650 K at ignition, AP decomposition is assumed to be
the limiting reaction during ignition. Asmight be expected, it isalso reported that AP contributes
significantly to ignition in low oxygen atmospheres.

During combustion, decomposition of AP (NH4ClO,4) and the fuel binder, HTPB, into

gaseous products takes place at the propellant surface, with decomposition occurring as shown in
Figure 4 [14]. The decomposed products of the fuel and oxidizer must mix in order for the com-
bustion reaction to take place. Diffusional mixing isthe critical step in this process which results
in the combustion reaction several microns away from the fuel surface. Low pressure and small
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Figure 4. Decomposition of AP and HTPB fuel binder, after [14].

AP particle size result in more complete mixing before combustion. Some research suggests that
amelt layer exists on AP particle surfaces during propellant burning, however, at atmospheric
pressure, the burning surface isdry. SEM photographs of polybutadiene propellants showed that
protrusions of AP particles exist at the burning surface under some conditions; however,
decreased particle size, lower AP loading, or increased pressure leads to a plateau effect, where
the flat surface of the binder extends above AP particle positions. Extreme cases of the plateau
effect are to be avoided since melted binder can flow over AP crystals, thus extinguishing the
flame. These resultsimply that the respective decomposition rates of AP particles and binder are
dependant on AP particle characteristics and environmental conditions. A general illustration of
an AP-based propellant mixture is shown in Figure 5.

Polymer Fud Binder —
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(optional) Metal Particle /‘b
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3
[

Figure 5. Diagram of heterogeneous (composite) solid propellant. Oxidizer
particles are suspended in fuel binder, and each produces a different flame at
the propellant surface.




Despite the disadvantage of decreased AP particle size contributing to the plateau effect,
the use of fine AP particles can be used as a burn rate enhancer [11]. Because the burn rate will be
slowed in amicroscale system due to high thermal losses, an increased burn rate by means of AP
particle size variation becomes desirable. Therefore, to avoid extinction brought on by fine AP
particles while maintaining an acceptable burn rate and awell-mixed flame, ablend of coarse and
fine AP particles (usualy in the range of 5-600 um) can be used. Additives such as aluminum
(Al) particles may also be used increase the burn rate and will be discussed further in 2.4.

2.4 Propellant Testing

The propellant mixture in Table 2 was varied by changing the size of the AP particles and
by adding Al particles. Mixtureswith varying AP size were burned through small channels and
observed to determine which mixture burns most readily without extinction. Propellant mixtures
with added Al of varying particle size were burned inside ceramic combustion chambers and
compared to propellant without Al to determine usability in microrockets. Video recordsindicate
whether complete combustion occurs inside the chamber.

AP Particle Size
Variations in AP particle size were observed to have an impact on the propellant’s capac-

ity to burn through small cross sectional areas. The propellant mixture containing AP particles
which were ground smaller than their original 200 diameter was found to ignite and sustain
combustion through small cross sections more readily than the mixture containing opty 200
particles. This supports the information presented above from [14]; if the oxidizer particles are
large and spaced far apart, the gasified oxidizer and fuel may not mix adequately in a small cham-
ber to maintain the exothermic combustion process.

Adding Aluminum
Adding Al particles to composite propellants increases the burn rate, flame temperature,

andlg, of the fuel [12]. Al was added to the HTPB/AP composite fuel and ignited by a thin wire

filament inside a a 3x4x1.5 mm ceramic combustion chamber. The added Al did result in an
increase in burn rate; however, Al particles were visibly combusting after exiting the chamber,
and were found to clog sub-millimeter nozzles. This agrees with Signahfil5], that during
combustion Al particles tend to agglomerate at the burning surface and exit the combustion cham-
ber without fully burning. Combustion flames for HTPB/AP and HTPB/AP/AI in 3x4x1.5 mm
ceramic combustion chambers are shown in Figure 6 a and b, respectively. The inability of Al to
combust inside a millimeter-scale chamber is an indication of how scaling can affect rocket per-
formance. Specifically, this result emphasizes that the residence time of combustion species in



the combustion chamber must be longer than chemical combustion reaction rates. HTBP/AP fuel
mixture without Al was used for all subsequent testing.

Figure 6. a) HTPB/AP combustion in a
3x4x1.5 mm ceramic combustion chamber.
b) HTPB/AP/AI combustion in same chamber. Particulate gjection indi-

cates incomplete combustion during residence time in chamber.

3. Propulsion

Asageneral definition, propulsion isthe act of changing the motion of abody. The term
rocket propulsion describes a broad range of propulsive devices that produce thrust by gecting
stored matter or propellant [11]. Rockets can use chemical, solar, or nuclear energy for propul -
sion and may be designed for one of avariety of functions, such as station keeping, booster stages,
or attitude control. This section will focus on how thrust is generated in rocket propulsion sys-
tems.

3.1 Thrust

The principal describing rocket thrust is Newton’s Third Law of motion, which states that
every action has an equal and opposite reaction. Since momentum is conserved in the rocket
shown in Figure 7, the change in momentum of the rocket can be equated to the change in
momentum of the exhaust:

V] AM
%%T[\/ EQ—D (v u)
As At approaches zero, this becomes:
dv dM

Mat = Yot

10
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mass, M-AM

. time, t+At
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Figure 7. Illustration of rocket motion fromtime t to time t+ At

Thrust will always be positive because dM will aways have a negative value since the
rocket islosing mass while operating. This equation is useful only in the ideal case where exter-
nal forces, such as gravity and drag forces, are neglected. Including external forces (Fey) gives:

dt ext = dt

This equation makesiit clear that alarge exhaust gas velocity and arapid decrease in pro-
pellant mass result in high thrust values.

The structure of arocket allows it to convert combustion energy into thrust. Some parts
are common to almost all conventional composite rockets, including a combustion chamber, a
propellant grain, an igniter, and anozzle. The design of these parts, along with surrounding con-
ditions determine the amount of thrust generated and the efficiency with which thrust can be pro-
duced.

An examination of the pressure distribution inside and outside of the rocket reveals how
the combustion chamber and nozzle structure enables the conversion of hot combustion gasesinto
thrust. Various gases and heat are the products of the solid propellant combustion reaction.
Thrust is produced when these hot gases are accelerated as they pass through the narrow throat
area of the nozzle and subsequently gjected from the rocket. Asaresult, the pressure of the gas
decreases as it leaves the high-pressure combustion chamber. In Figure 8, the pressure distribu-

11



tion along the sides of the combustion chamber is balanced; however, the pressure exerted at the
top of the chamber is unbalanced, thereby resulting in aan upward force (F) on the rocket.
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Figure 8. Pressure distribution around a rocket

3.2 Nozzle

Most basic conventional nozzle theory isreliant upon several assumptions, many of which
cease to be applicable as the nozzle size decreases. These assumptions are stated in the devel op-
ment of nozzle theory in [11]. Specific assumptions which might be significantly unfit as rocket
dimensions decrease include the following: flow is adiabatic (no heat transfer to walls) and
steady, there are no friction or boundary layer effects, and chemical equilibrium occursin the
combustion chamber such that no further chemical composition changes occur outside of the noz-
Zle. It remains, however, that optimum nozzle expansion is achieved when the pressure at the
nozzle exit isthe same as the atmospheric pressure. A nozzle isunderexpanded when the pressure
at the nozzle exit is greater than atmospheric pressure. By contrast, an overexpanding nozzle has
too large of an exit arearesulting in gas expansion to pressures lower than atmospheric pressure.
Figure 9 depicts flow in an optimally expanded nozzle, an underexpanded nozzle, and an overex-
panded nozzle.

The divergence angle of anozzle refersto the angle of the nozzle cone for a conical noz-
zle. Small divergence angles result in high | 5, since almost all of the momentum is axial. The

disadvantage of very small divergence anglesisthat they must be very long to expand the exhaust
gasto its optimal pressure. Conventionally, optimum divergence cone half angles are between

12° and 18°.

12
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Figure 9. Depiction of exhaust flows in underexpanded, optimal
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A closdly-related nozzle parameter to the divergence angle is the nozzle arearatio, which
isthe area at the nozzle exit divided by the throat area. The dependence of thrust on nozzle area
ratio is strongly dependent on the specific heat ratio of the exhaust gas, which is generally in the
range of 1.0-1.6 for gases exhausted during propellant combustion. Given this range of specific
heat ratios, an arearatio of unity, indicating a non-diverging nozzle, can decrease thrust genera-
tion by over 60% of maximum thrust [11].

Early gas expansion micronozzles fabricated in PMMA using only X-Y laser microposi-
tioning (all angles are 90°) were reported by Janson and Helavijian [6] as having lsp Values up to
83% of ideal 14, values, suggesting that significant thrust can be generated when using crude

microscale nozzle geometries. A more detailed study of 2-D micronozzle performance was per-
formed by Bayt [7]. Numerical modeling and testing of fabricated nozzles were used to deter-
mine the dependence of |4, and thrust efficiencies on Reynolds numbers from O to 4000 and area
exit ratios from 5.4 to 16.9. Findingsinclude that | g, and thrust efficiencies, defined by perfor-
mance versus quasi 1-D predictions, increase significantly with increasing Re, and begin to pla-
teau around an Re of 2000. Also, I, efficiency increased to nearly 100% for increasing area
ratios at higher Re. For values of Re lower than about 500, ssmulated efficiencies of small area
ratio nozzles were sightly more efficient than for larger area ratio nozzles, suggesting that the
boundary layer plays abigger role as Re decreases. This confirms that in scaling down nozzles,
the boundary layer cannot be neglected. In fact, the effective arearatio is governed in large part
by the presence of the boundary layer. With thisin mind, the width and location of the boundary
layer may be asimportant to consider as the physical nozzle geometry for optimizing microscale
nozzles.

3.3 Efficiency

The ultimate quaesitum of microrocket design isto efficiently convert chemical energy
into kKinetic energy in order to produce axia thrust. Looking at the energy balance of alarge
rocket system can help to emphasi ze the effects of scaling arocket down to millimeters. Table 3

13



summarizes the typical sources of energy loss for achemical rocket given in[11]. The mgjor

Energy L oss M echanism % of Total Energy Lost
Combustion loss (poor mixing/incom- 1
plete burning)
Heat lossto walls 2
Unavailable thermal energy of exhaust jet 27-57
Residual kinetic energy of exhaust gas 0-50

Table 3. Energy loss mechanismsin a typical chemical rocket

sources of energy losses in atraditional chemical rocket are due to unharnessed thermal energy
and residual kinetic energy, while combustion losses and heat 1oss are comparatively negligible.
By decreasing the combustion chamber size and thereby increasing the surface area to volume
ratio of therocket, it is expected that combustion |osses and heat |osseswill increase significantly.
Combustion losses will increase since the diminished combustion chamber volume will decrease
combustion reactant residence time before exiting the rocket, contributing to incomplete burning.
Heat |oss to the combustion chamber walls is expected to increase since the wall surface area ver-
sus the volume of propellant increases linearly with scale. Also, heat transfer per unit area by
means of conduction and convection isinversely proportional to the characteristic length scale of
the system, as given by:

¢ _ k q k
X = 2(AT o — NuX
A [(AT) A Nuz(AT)

Conduction Convection

where, g and g, are heat conductive and convective heat flow rates (W), respectively, Aisarea

(m?), kisthermal conductivity (Wm K1) of the material or fluid, Nu is the non dimensional Nus-
selt number that describes the ratio of the temperature gradient in the fluid immediately contact-
ing the surface to areference temperature gradient, L islength (m), and AT is the temperature
differential (K). This meansthat the heat flow per unit areaincreases as rocket size decreases.
Heat is also transferred through radiation, but heat transfer per unit area for radiation does not
scale with length.

Apart from thrust generation, an objective of the presented system isto recapture a portion
of the thermal energy lost through the implementation of thermopiles for thermal power conver-
sion. Although this energy will not necessarily aid in propulsion, it could function as a power
supply for on-board sensors or rocket control surfaces. Unfortunately, thermal conversion effi-
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ciencies generally reach only about 10% when optimized; however, the large heat dissipation of
the rocket may make useful power levels available despite the low conversion efficiency. The
end result is that the microrocket system efficiency will improve since less energy islost to the
surroundings.

4. Design & Fabrication

The microrocket assembly has two basic components. a combustion chamber and a noz-
Zle. The combustion chamber houses the solid propellant, while the nozzle is a constriction at the
combustion chamber exit that allows hot combustion gases to accelerate as they exit the rocket,
thereby increasing thrust. Igniters and power-converting thermopiles are fabricated on the same
silicon substrate that the nozzle is etched into, and will be discussed in more detail in subsequent
sections.

4.1 Combustion Chamber

Investigations of combustion chambers made of various materials were conducted. 2-D
combustion chambers were fabricated in copper, aluminum, brass, carbon steel, and stainless steel
by wire electrical discharge machining (EDM), and in ceramic by conventional machining. Simi-
lar chambers were also fabricated in silicon using deep reactive ion etch (DRIE). In this process,
wafers of silicon combustion chambers, as shown in Figure 10, were fabricated with a single pho-
tolithography step followed by DRIE through the wafer. Each 2-D chamber had a cross section
similar to the design shown in Figure 10.

3mm /propel lant
4amm |y

| nozzle
throat

 — —Jo05-15mm

Figure 10. Slicon wafer with DRIE combustion chambers and nozzles, and detail
of chamber design.

In preliminary tests, the 2-D combustion chambers made of various materials were filled
with HTPB/AP composite fuel and sealed by epoxying glass plates to the chambers. Ignition was
achieved by heating athin wire filament in contact with the fuel at the nozzle opening. Testing
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showed that at room temperature, combustion is difficult to sustain through the entire 4 mm
length of a2-D combustion chamber, with the only repeatable sustained burn occurring in the
ceramic combustion chambers. This result suggested the need to choose a combustion chamber
material with low thermal conductivity, since heat |oss through the chamber walls removed
enough energy from the burning fuel to quench combustion in the silicon and metal chambers.
Additionally, the 1.5 mm glass covers to the chambers were found to crack during combustion
due to the high pressure and temperature generated in the combustion chamber, indicating the
need for stronger chamber walls.

An alumina ceramic cylindrical combustion chamber design addresses the needs of ther-

mal insulation and strength. Alumina ceramic has athermal conductivity of 30 wm K1 five
times lower than the thermal conductivity of silicon. Additionally, the cylindrical shape reduces
the surface area by 13% compared to a 1.5 mm thick rectangular chamber having the same length
and volume. This also serves to reduce the overall volume occupied by the chamber since less
wall surface isrequired, thus reducing the mass of the rocket. The cylindrical chamber also hasa
structural advantage over the flat, rectangular chamber since it is able to resist bending and crack-
ing, which the walls of the rectangular chamber are prone to do. The main disadvantage to alu-
mina ceramic cylindersis that they are not microfabricated, and must be machined separately. A
more exhaustive investigation of materials and chamber geometries might further minimize com-
bustion chamber mass, volume and thermal conductivity while maintaining strength.

4.2 Nozzle with Integrated Igniter & Thermopiles

The nozzle portion of the rocket was fabricated using silicon micromachining techniques,
which allow the integration of an igniter and thermopile for power conversion with each rocket
nozzle. Figure 11 isa CAD rendering of the rocket assembly including the ceramic combustion
chamber with epoxy cap and the silicon nozzle die. On the nozzle die, igniters and thermopiles
were surface micromachined out of polysilicon and aluminum conductive layers, with low stress
nitride (LSN) insulating layers, as shown in steps 1 through 5 of Figure 12. In step 6, surface
micromachining is followed by a backside deep reactive ion etch (DRIE) through the 300 pum-
thick silicon wafer. The backside etch creates the nozzle opening and thermal isolation cavities.
When these cavities are created, the igniter and thermopiles become suspended on LSN mem-
branes.

The patented Bosch process as described in [16] was used in the backside DRIE to form
the nozzle and thermal isolation holes. This process etches deep, high aspect ratio trenchesin sil-
icon. Asaresult, nozzles with negligible expansion angles were formed. An alternative method
of micronozzle fabrication in silicon is reported by Janson and Helvajian in [5], which describes
an anisotropic KOH etch of silicon. KOH etches silicon selectively along the <100> planes,
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Figure 11. CAD rendering of rocket assembly and nozzle die.

while almost stopping on the <111> planes, resulting in a 35° angle between the nozzle edge and
the center line.

In general, anozzleis considered optimal when the pressure of the gas as it exits the noz-
Zleisthe same as the ambient pressure, as discussed in 3.2. In comparison to most optimized
rocket nozzles, the DRIE nozzles are underexpanded while the KOH-etched nozzles are overex-
panded. In both cases, nozzle efficiency is not optimized; however, the underexpanded caseis
generally preferable to the overexpanded case since the drag and non-axial component of the gas
velocity are smaller. Asreported in [16], varied trench depths and widths have been achieved
through altering DRIE process parameters. Therefore, by closely controlling the etch process, it
islikely that arbitrary nozzle geometries could be formed.

4.3 Assembly

Rocket systems are assembled by packing uncured propellant into the cylindrical ceramic
combustion chambers, allowing the propellant to cure to afirm, rubber-like grain. Propellant
loses about 1% of it's mass while curing and increases slightly in volume. Curing is followed by
bonding the propellant-filled combustion chamber and the nozzle die together with high-tempera-
ture epoxy. The open end of the combustion chamber is also sealed with epoxy. Figure 13 shows
the assembled rocket, and Figure 14 shows the fabricated nozzle die.
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1. Deposit oxide followed by 1 pum low stress nitride (LSN).

Single Crystal Silicon

2. Deposit and pattern 0.3um p-doped poly followed by 0.6pum LSN.
L L L] |
ﬁ' | || || |

Single Crystal Silicon

3. Deposit and pattern 0.6pum n-doped poly followed by 0.6pum LSN.

| I
I [ | | |
. | I I

Single Crystal Silicon

4. Etch nitride to form contacts to poly and opens.

| L
_I--------_

Single Crystal Silicon

5. Deposit and pattern 1 pm auminum.

] L
_I--------_

Single Crystal Silicon

6. Backside DRIE to suspend thermopile and nitride membrane.

[ I |
_I--------_
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1 Oxide —Ep;y
1 Nitride POy

I Sl uminum

Figure 12. Fabrication process flow showing thermopile fabrication.
Igniters and nozzles are also made in this same process.
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8.5 mm

Figure 13. Assembled microrocket with ceramic
combustion chamber epoxied to silicon nozzle die

Thermopiles spanning
thermal isolation cavities

I gniters suspended

> mm over nozzle

Figure 14. Fabricated silicon nozzle die showing igniters
and thermopiles suspended on LSN membranes

5. Rocket Performance

Ignition and thrust generation are two of the most important aspects of any rocket. Char-
acteristics of functional igniters are addressed in this section, as well as rocket thrust generation.
In order to promote continued parallel development of the microrocket components, thrust gener-
ation through combustion chamber and nozzle geometry, igniter performance, and thermopile
effectiveness (to be addressed in later sections) were tested independently using simplified strate-
giesrather than as afully integrated unit. The results obtained, however, reflect the expected per-
formance of the amalgamated system.
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5.1 Ignition

High-voltage spark generators, match and torch flames, and electrically heated wireswere
al found to ignite HTPB/AP. Although each of these methods initiates ignition, a successful
microrocket ignition system must not only reliably ignite the chosen HTPB/AP propellant, but it
must also be easily integrated with the rest of the rocket components. Of these methods, the
widely-used concept of electrically-heated thin wire ignition was extended into the microfabrica
tion domain, from which the use of polysilicon resistive heaters as igniters was pursued.

Igniter Characteristics
An array of polysilicon heaters was fabricated using the process described in 4.2. The

array consisted of straight and meandering heater designs with polysilicon widths ranging from 8
pum to 80 um, lengths varying from 450 pm to 1050 pm, and a polysilicon thickness of 0.3 um
with sheet resistance of 25 Q/square. Heaters were tested for their ability to ignite HTPB/AP pro-
pellant by placing asmall slab of propellant directly on top of the suspended heaters. Ignition was
achieved by three meandering heater designs, and no straight designs. The lengths, widths and
resistances of successful igniters are givenin Table 4. Figure 15 is a scanning electron micro-
graph of a suspended polysilicon heater, with an inset of its heating profile as measured by atem-
perature-scanning microscope. Thermal isolation through suspending the heater on a membrane
localizes high temperature regions on the heater, with little heat dissipation to the surroundings
areas.

Length Width Resistance
[Hm] [Hm] [kQ]
heater 1 1050 16 2.65
heater 2 1050 8 5.95
heater 3 850 40 0.80

Table 4. Polysilicon Igniter Characteristics

In order to increase the reliability and area over which heat is generated by the polysilicon
igniters, three polysilicon heaters of heater 1 type (from Table 4) were connected in parallel and
suspended over the 1 mm-diameter nozzle opening in an LSN membrane. This design was robust
in the sense that ignition was still achievable even when there was damage to one or two of the
suspended heaters, and in some trials, heaters were still functional after fuel burned directly on
top of them.

Both n-poly and p-poly igniters were fabricated using the three parallel igniter design,
with ap-poly thickness of 0.6 um and an n-poly thickness of 0.3 um. Sheet resistances of p-poly
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Heating Profile

<BKV X300 8803 108.8U MSHE

Figure 15. Polysilicon igniter suspended on an LSN
membrane. Inset: measured heating profile at 8V,

2.6mA. Max temp = 182°C
and n-poly were 30 Ohms/square and 15 Ohms/square, respectively. Functionality was once
again demonstrated by placing fuel directly on the suspended heaters and increasing the dc volt-
ageto the point of ignition. Ignition occurred with input voltages of approximately 25V for p-
doped poly and 15 V for n-doped poly. Although current was not directly measured, approximate
power supply current outputsin the realm of 10-15 mA were observed at the time of ignition for
both types of igniters. The total power supplied during ignition is then estimated to be 0.3 W for
p-poly and 0.2 W for n-poly. By Ohm'’s Law, this implies that heater resistance approximately

doubles, which is correlated to a temperature rise of KQ@0the relation:
ORO_4
OEI

T= +T

TCR 0

where,T is temperature (K)Ty is the initial or ambient temperatufejs resistance (W) is

resistance at ambient temperature, 8@R is the thermal coefficient of resistance (1%KL for
polysilicon). Properties for p-doped and n-doped igniters of the same design are summarized in
Table 5. Because the n-doped polysilicon igniters are able to ignite the propellant using lower
power than p-doped, they are preferred for this application. It should be noted, however, that the
type of doping is used only as a convenient label for differentiating the two types of igniters fabri-
cated, and it does not exclusively determine the functionality of the igniters. The n-poly igniters
may be superior because they are thinner and have a lower resistance than p-poly igniters, allow-
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ing increased heating at lower applied voltages. Further experimentation with doping levels and
heater geometry might yield an even lower power igniter.

Property P-poly N-poly
Thickness fim] 0.6 0.3
Resistance [R] 1.1 0.6
Vignition [VOIts] 25 15

Pignition [W] 0.3 0.2

Table 5. Parameters for p-poly and n-poly Igniters

Igniter Time Constant
Igniters were tested with and without fuel loading to determine the time constant associ-

ated with resistor heating. The time constant reflects the time required by the heater to heat up
once avoltage is applied, and is equivalent to the product of the thermal resistance and thermal
capacitance. To determine the igniter’s time constant, a step voltage was applied to the heater in
series with a known resistor. By measuring the voltages across the heater and the series resistor,
the current was calculated and used to determine heater resistance. Resistance values were corre-
lated to temperature as discussed previously. The thermal time consdaforction of the ther-
mal resistance and thermal capacitance, can then be determined by correlating the data with:
0 -0

AT = all-e [
0 O
where, AT is temperature change (K js a constant reflecting the input power and thermal resis-
tance, and is time (s). Figure 16 shows the plots of igniter temperature rise versus time for a p-
poly igniter with no fuel load and an igniter with a propellant-filled ceramic cylinder placed on it.
The time constants are 4.6 ms and 3.8 ms, respectively. The temperature does not get as high with
the fuel loading, likely because this increases the thermal conductance of the system. However,
the temperatures reached in Figure 16 a and b for even the fuel-loaded heater are much higher
than the 1000 K temperature rise estimated above. This may be because the propellant in the cyl-
inder is not necessarily in direct contact with the igniter; whereas, in the previous test setup, pro-
pellant was placed directly on top of the igniter, ensuring good contact. Following the trend of
increased thermal resistance with propellant loading, it makes sense that the temperatures esti-
mated previously are lower than the measured temperatures. Increased thermal resistance implies
that the thermal capacitance of the system was decreased by more than the thermal resistance
increase in order to lower the thermal time constant by 16%.
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Figure 16. Temperature rise of a p-poly igniter a) without fuel loading (T = 4.6 ms),
and b) with ceramic tube filled with fuel on top of heater (1 = 3.8 ms)

Ignition Time Delay
Despite the millisecond time constant of the igniter, ignition does not occur quite so

quickly. Asdiscussed in 2.3, the igniter heat only begins the reactions that develop into all-out
combustion. Thetotal ignition time delay was measured using the thermopiles on the outer edges
of the nozzle chip to determine the time of ignition, occurring sometime after avoltage is applied
across the heater. Figure 17 aand b represent the range of time delays measured. In these plots,
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Figure 17. Input heater voltage and thermopile output are plotted to show the time between volt-

age applied to the heater and ignition. Post-ignition thermopile voltage magnitudes may be inac-

curate dueto signal coupling, but these plot do conclusively show a) a 0.02 stime delay and b) a
1.5 stime delay between the maximum applied heater voltage and ignition.

coupling between the thermopile output and supplied voltage was observed after ignition, imply-
ing that thermopile output val ues are inaccurate; however, the plots are still useful for determining
the time and energy required for ignition, and since coupling begins at the time of ignition, the
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time constant of the thermopiles need not be considered. Figure 17aindicates atime delay of
approximately 0.02 s after the maximum heater voltageisreached. In Figure 17b, aninitia risein
thermopile output is due to the heat generated on the chip. Ignition occurs 1.5 s after the heater
voltage is applied. N-poly heaters were used in both cases. From the igniter power estimates
given earlier, the total energy input to the system during ignition is anywhere between 4 mJ and
300 mJ. Itisunclear why such awide range of ignition time delays were observed. Possible
explanations include varied doping and thickness of the polysilicon heaters due to process varia-
tions, nonuniformities in the propellant grain, or differing contact areas between the propellant
and theigniter.

Propellant-1gniter Contact
A qualitative aspect of igniter performance that merits mention is that while igniter reli-

ability and processyield is quite good, ignition can be difficult to achieve if the propellant grainis
not directly touching the igniter. This means that in the assembly process, care must be taken to
epoxy the ceramic combustion chamber to the igniter such that no air gap remains between the
igniter and the propellant. One strategy that worked effectively isto loosely pack propellant bits
at the nozzle end of the rocket, making it likely that at least a small bit of fuel touches the igniter,
asin Figure 18. This method of assembly, however, often resulted in ruptured, non-functioning

Slight air gap
between propellant

and igniter \
_~

s g |
Figure 18. lllustration of the air gap between propellant grain and igniter.
Loosely packing a small portion of the fuel helps ensure good contact,
although sometimes results in rupturing the igniter membrane.

Loosely packed
propellant allows
contact with igniter

igniters. Ideally, afabrication processin which the combustion chamber and nozzle could be
bonded in wafer form, allowing the propellant to be loaded directly against the igniter before
backside etching, is desirable.

5.2 Thrust

The most basic function of any rocket isto produce thrust. In order to quantify the amount
of thrust generated by microrockets, a specially designed thrust measurement device wasused. A
description of the measurement device, testing results and analysis follow.
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Measurement Set-Up
A thrust measurement device was designed and built to test microrocket thrust (Figure

19). The device operates by attaching the rocket to arigid pendulum. A force sensor is placed so

Figure 19 Thrust Measurement Platform

that it is touching the pendulum arm, and the output signal from the force sensor is monitored
when the rocket isignited. Thrust is determined using the moment equation governing the static
pendulum:

My = F,d—-Fd, =0

where, M is the moment about the pendulum bearing (N-m), F, is the force of the rocket (N), d,
is the distance of the rocket from the pendulum bearing (m), F4is the force measured by the sen-
sor (F), and dg is the distance of the sensor from the pendulum bearing (m). Solving for F,,

— FSdS

F, .

r

Testing Results

Thrust measurements were performed on rockets with cylindrical ceramic combustion
chambers and nozzles, as shown in Figure 20. Combustion chambers had inner diameters of 3.2
mm and lengths of either 12.7 mm or 25.4 mm. Ceramic tubes of outer diameter equal to combus-
tion chamber inner diameter were used as non-diverging nozzles by inserting them into ceramic
combustion chambers and epoxying into place. Nozzle throat diameters of 0.157 cm, and lengths
of either 6.35 mm or 12.7 mm were used. A commercial hobby rocket wire filament igniter was
used by inserting it through small holes in the combustion chamber near the nozzle or into the
nozzleitself such that combustion began at the nozzle end of the rocket and burned through to the
nose of the rocket.
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Figure 20. Sde view and cross section of ceramic rockets used for thrust testing.
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Despite the non-optimal nozzle and observations that some exhaust exited the igniter
holes, thrusts peaking in the 4-10 mN range were routinely measured, and a maximum peak value
of 15 mN was observed at atmospheric pressure and approximately 300 K. Figure2l aand b
show typical thrust curves for ceramic rockets with short and long-bodied combustion chambers,
respectively. Figure 22 shows the highest measured thrust for arocket of similar design. The
combustion chamber lengths include only the portion of the chambers containing fuel, and the
mass fraction displayed in these plotsis equal to the ratio of propellant mass to the mass of the
fueled rocket beforeignition. Inall cases, an initial peak was followed by a steady burn, whichis
commensurate with what might be expected for an end-burner propellant shape [12]. Results
indicate that rockets with longer combustion chambers, and therefore more propellant, did not
generally produce higher initial peak thrusts than shorter rockets, but they did sustain alow level
of thrust for alonger period of time. Thisisto be expected because the shape of the thrust curve
islargely afunction of the variationsin the surface area of fuel burning. Since both long and short
combustion chambers had the same diameter and burned from end to end, thrust magnitudes were
similar. Nozzle lengths did not noticeably impact thrust generation.

Overall, burn rates varied from 1 to 3 mms1, and seemed to be inversely related to the
magnitude of theinitial thrust peak. Since burn rate isvery much dependent on chamber pressure
and AP particle size and distributions, the wide range of burn rates were likely the result of varia-
tions in the propellant mixture, possibly coupled with varying combustion chamber leakage.
Another conceivable possibility isthat igniters were embedded further in some propellant grains
than in others, causing more or less of the propellant grain to ignite during the initial peak. When
alarger propellant areaisignited, a higher initial thrust peak is generated, leaving less propellant
to combust and a higher chamber pressure and temperature to expedite burning.

Testing of integrated microrockets with cylindrical ceramic chambers and silicon nozzle
chips yielded similar results to ceramic-only thrust testing. Again, aninitial peak was observed,
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Rocket data
Material: Alumina Ceramic & Epoxy
Fuel: HTPB/AP
Combustion Chamber Length: 9.5 mm
Combustion Chamber Outer Diameter: 4.8 mm
Combustion Chamber Inner Diameter: 3.2 mm
Nozzle Length: 6.4 mm
Non-Diverging Nozzle Diameter: 1.57 mm
Fueled mass: 0.97 g
Unfueled mass: 0.86 g
Specific Impulse: 11 s
Mass Fraction: 0.11
Burn Rate: 1.4 mms™*

Rocket data
Material: Alumina Ceramic & Epoxy
Fuel: HTPB/AP
Combustion Chamber Length: 19.1 mm
Combustion Chamber Outer Diameter: 4.8 mm
Combustion Chamber Inner Diameter: 3.2 mm
Nozzle Length: 12.7
Non-Diverging Nozzle Diameter: 1.57 mm
Fueled mass: 1.78 g
Unfueled mass: 1.49 g
Specific Impulse: 12 s
Mass Fraction: 0.16
Burn Rate: 1.4 mms™

Figure 21. Typical ceramic rocket thrust curve for a) short
and b) long combustion chambers.

Maximum Thrust Measurement

g

12.000 -

10.000 -

8.000 -

6.000 -

4.000 -

-0.9

D
D
D
D
L

0.1 11 2.1
Seconds

Rocket data
Material: Alumina Ceramic & Epoxy
Fuel: HTPB/AP
Combustion Chamber Length: 9.5 mm
Combustion Chamber Outer Diameter: 4.8 mm
Combustion Chamber Inner Diameter: 3.2 mm
Nozzle Length: 6.4 mm
Non-Diverging Nozzle Diameter: 1.57 mm
Fueled mass: 0.92 g
Unfueled mass: 0.83 g
Specific Impulse: 14 s
Mass Fraction: 0.11
Burn Rate: 2.8 mms-1

Figure 22. Thrust curve for ceramic rocket with maximum peak thrust of 15 mN.
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followed by a steady burn, as shown in Figure 23. Although the thrusts generated are not high
enough for most flight applications on the earth’s surface, the low thrust may be well-suited to
applications for space systems. Specifically, for the thrust curve in Figure 23, enough thrust is

generated to accelerate the rocket's 0.75 g mass at 2:6mss. Without the effects of grav-

ity or drag, a velocity of approximately 20 thand distance of 65 m would be reached by the end
of the burn.

Thrust for Ceramic Cylinder Epoxied to Silicon Nozzle

Rocket data
44 Material: Alumina Ceramic, Silicon & Epoxy
Fuel: HTPB/AP

Combustion Chamber Length: 12.7 mm
Combustion Chamber Outer Diameter: 4.8 mm
Combustion Chamber Inner Diameter: 3.2 mm

Nozzle Length: 0.3 mm
Non-Diverging Nozzle Diameter: 1 mm

VW Fueled mass: 0.75 g

w

Thrust (mN)
~

1 Unfueled mass: 0.63 g
A fic | se: 14 s

Seconds (s)

Figure 23. Thrust curve for integrated microrocket assembly: ceramic com-
bustion chamber epoxied to silicon nozze.

Comparison with “Explosive Propulsion”
In a best-case scenario given the measured thrust, lessthan 1 Jisused to propel the rocket.
For propellant that supposedly has an energy density of 5 ng'l, thisleads to an abysmally low
efficiency. Also, measured I, values are an order of magnitude lower than potential values for

HTPB/AP propellant. For comparison, the thrust generated by a propellant-filled ceramic cylin-

der with epoxy sealing both ends was observed to be over 2 N. The cylinder was shorter, but of

the same diameter as those mentioned previously (4.8 mm outer diameter, 3.2 mm inner diameter,

6.35 mm long). The exact thrust valueis unknown as it exceeded the measurement capacity. One

epoxy cap was completely blown off of the chamber (and impacted the tester with enough forceto

cause injury). Inside the remaining portion of the chamber, combustion continued until the pro-

pellant was exhausted. Analysis of the severed section of sealed rocket’'s epoxy indicates that a
pressure of 130 atm was generated in the combustion chamber. Although this propulsion mecha-
nism may more aptly be called explosive propulsion than rocket propulsion, high impulse projec-
tiles can be fabricated, with thrusts proportional to the force required to break a sealant or
membrane over the combustion chamber. The digital thrusters reported by Janson [5] operate in
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this manner. In these devices, amembraneis broken directly following ignition, and fuel often
exits the thruster nozzle uncombusted, meaning that the actual thrust mechanismis not rocket pro-
pulsion but breaking a membrane explosively.

This study suggests that explosively generated thrusts can reach over two orders of magni-
tude greater than conventional thrusts of microscale rockets; however, the specific impulse is not
necessarily enhanced since the high thrust value is sustained for only afraction of asecond during
the “explosion.” Assuming that optimized nozzle geometry could improve performance over a
non-diverging nozzle by the same factor as for larger nozzles, thrust could be expected to double
or perhaps triple in magnitude. Perhaps more appropriate is increasing the propellant mass frac-
tion of the rocket by reducing overall rocket mass in order to achieve flight. For the thrusts
reported, a fourfold reduction in the unfueled rocket mass would enable flight on earth.

Calculated Performance Potential
A reduction in rocket mass and optimized nozzle geometry are viable ways to enhance the

flight capacity of the microrockets presented. Here, microrocket performance parameters are cal-
culated and plotted as a function of cylindrical ceramic combustion chamber thickness. The mass
of the rocket is assumed to be made up entirely by the combustion chamber and the fuel.

Cylindrical ceramic combustion chambers are analyzed as thin-walled pressure vessels to
determine the pressure in the combustion chamber. Tensile stress on the vessel is maximum in

Figure 24. Section of cylindrical vessel depicting hoop stress
(o) balanced by chamber pressure.

the circumferential direction. The stress in the chamber walls, known as hoopatress (
depicted in Figure 24 and given by to following equation:

P r
o = cham

t
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where, pcham 1S the pressure inside the chamber (N/mz), r isthe radius of the cylinder (m), and tis

the wall thickness (m). Given that alumina ceramic has aflexural stress of 250 MPaat 1100 K,
the maximum chamber pressure can be found for varying wall thicknesses, having a constant
radius of 1.6 mm.

Once the maximum chamber pressure is calculated, the nozzle exit velocity is computed
for an optimal nozzle (pressure at nozzle exit = atmospheric pressure) by [11]:

- {k-1)7K
c= J[zL}RT{l—Bp"’ﬂD }

(k-1) [Pchaml]

where, kisthe specific heat ratio of the exhaust gases, Ristheideal gas constant, T isthe combus-
tion chamber temperature (K), and pyy, IS atmospheric pressure (Pa).

The burnrate, r, isthen given by [11]:
n
r= aPcham

where, ais aconstant influenced by ambient grain temperature, and n is the burning rate pressure
exponent. Dividing the length of the chamber by the burn rate, the total burn time is determined.
From this, the propellant mass flow rate is found by:

m = mfue]

burn time

where, my iSthe total propellant mass, assumed to be 0.1 g. Finally, thrust, F, is the product of
the mass flow rate and the exhaust velocity, and acceleration is given by F/mg,q, and I, is com-
puted as discussed in section 2.1.

Figure 25 isaplot of propellant mass fraction, chamber pressure, thrust, specific impulse,
and acceleration for arange of combustion chamber thicknesses. This plot illustrates the trade off
between combustion chamber strength and mass. When the combustion chamber mass gets very
low and the mass fraction approaches 1, only very low pressures can be withstood such that thrust
and I, are also low. At the high pressures generated when the combustion chamber walls are
thick, the relatively high mass of the rocket limits acceleration. Maximum acceleration is
achieved when the propellant mass fraction is approximately 0.6 and 40 mN of thrust are pro-
duced. |, iscomputed to be 34 sat thiswall thickness, and continues increasing slowly to near
40 s. These values indicate that microrocket flight is, indeed, feasible with accelerations nearing
250, which is on the order of the acceleration of an air-launched missile.
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Figure 25. Propellant mass fraction, maximum allowable chamber pressure,
thrust, 15, and acceleration calculated based on alumina ceramic combustion

chamber wall thickness. a= 2x10'5, n=0.4, k=1.3, T=2000K
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6. Power Conversion

While the goal of creating a MEMS rocket is to convert combustion energy into thrust, it
iIsimpossible to avoid thermal lossesin the system due to the large surface area to volume ratio
inherent in sub-centimeter scaling. Therefore, one can conceive of recovering thisthermally
stored power locally, or “on board” the rocket to form a fully integrated rocket system with elec-
trical power generation.

Combustion reactants are plausible MEMS power sources due to their high energy density
in comparison to most other energy storage methods, such as electrochemical cells and elastic
strain energy. Additionally, solid propellants do not require a complex system of storage tanks
and valves, making them a more feasible power source than liquid propellants, for which the nec-
essary handling volume often outweighs the advantage of compact energy storage [10]. Compos-
ite propellants have the disadvantages of needing initial power input for ignition and having a
continuous, non-adjustable combustion once ignition has occurred. Otherwise stated, the propel-
lant grain is exhausted completely once ignited. Due to these drawbacks, solid propellants may
be unsuited to long-term, power-consumptive applications. Power generation during the flight of
a microrocket, however, could potentially be useful for MEMS control surface actuation or oper-
ating payload circuitry.

A thermal gradient of potentially hundreds or even thousands of degrees can exist between
the combustion flame front and the outer edges of the rocket. The total available energy in the
microrocket system is the propellant energy plus the input ignition energy. Considering the igni-
tion energy negligible compared to combustion energy, 500 J are produced by burning 0.1 g of 5

ng'1 propellant. Only a small fraction of this energy is converted into kinetic energy to move the
rocket, while much of it is dissipated as heat. Therefore, a thermal gradient of potentially hun-
dreds of degrees centigrade can exist between the combustion flame front and the outer edges of
the rocket. Thermocouples are often used as thermal sensors because they convert temperature
differences into proportional voltages. The thermoelectric effects that govern this type of thermal
conversion combined with the ability to fabricate them in a surface micromachining process make
thermopiles, or multiple junction thermocouples, useful energy converters for microrockets.

6.1 Thermoelectric Effects
Thermoelectric effects govern the material properties relating temperature and electrical
characteristics. These include the Seebeck effect, the Peltier effect and the Thomson effect.

Seebeck Effect
The thermoelectric effect discovered by Seebeck in 1826 addresses the material property

of electrical conductors and semiconductors to convert a temperature difference into an electrical
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potential, or Seebeck voltage (V). When two different conductors are in contact in a hot region
(Ty) and the unconnected ends remain at alower temperature (T;), the Seebeck voltage generated

isrelated to the temperature difference by [17]:
Th T
Vg = aa(MdT+_ ap(T)dT
S J’Tl a(T) ITh b(T)

where a4 and oy, are the Seebeck coefficients for conductors a and conductor b. The Seebeck
coefficient of a conductor isusually given in units of uV/K or mV/K. Such adevice, with two
legs of different conducting materials, is called a thermocouple.

The Seebeck coefficient of a given material varies with temperature, but it can be consid-
ered constant for small changes in temperature, when (T,-T)/T, <<1. In this case, the Seebeck
voltage of athermocouple is given by:

Vs = (ag—0ap)AT = agpbAT

where a,, is the relative Seebeck coefficient (UV/K).

Although the voltage generated by a single thermocouple is optimally only afew milli-
volts, athermopile of N thermocouples in serieswill generate N times the voltage output of one

thermocouple (Figure 26).
HOT HOT >
N=4
OLD COLD|
OR O
Thermocouple Thermopile
Vg = 0,,AT Vg = Nog,

Figure 26. Thermocouple and N-junction thermopile. Up to N times the volt-
age of a single thermocouple can be generated by an N-junction thermopile.

The Seebeck coefficient is a bulk material property, and it is a function of the material’'s
Fermi energy, which depends on carrier concentration, carrier effective mass, and temperature.
The gradient in the Fermi enerdpg, over the elementary chargg,is proportional to the applied
temperature gradient with the Seebeck coefficient as the constant of proportionality, as given by
[18]:
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Three primary effects contribute to the generation of a Seebeck voltage in non-degenerate
silicon [18]. Firgt, the Fermi level shifts towards the middle of the band gap as temperature
increases and the silicon becomes more intrinsic. Second, a charge build-up on the cold side of
the semiconductor occurs due to the increased carrier velocity with increased temperature.
Lastly, the temperature differential induces a net flow of phonons from hot to cold, dragging
charge carriers toward the cold side. Thisoccursin the temperature region of approximately 10-
500K, when momentum is transferred from phonons to charge carriers. Combining these effects,
the expression for the Seebeck coefficient can be written as:

- +kg,oNMo, 5 [0
a ‘“—“qa”m n 07275 A

where, k is Boltzmann’s constang, is elementary charga,is the electron densitg,andg

describe the effects of carrier scattering and phonon drag, =ambr h, to denote electron or

hole transport, indicating n-type and p-type materials, respectively. SimNadyunction of
temperature, is the conduction band energy state density for n-type materials or the valence band
energy state density for p-type materials.

In general, the absolute value of the Seebeck coefficient increases logarithmically with the
resistivity, and it also increases, although not linearly, with increasing temperature. In metals,
there is no band gap, and the Seebeck coefficient varies linearly with temperature.Advances in
mechanical microsensor fabrication in MEMS and CMOS technologies [17],[19] make the inte-
gration of thermal converters in a microrocket assembly possible. Seebeck coefficients have
been characterized for standard CMOS conductors [19]-[22]. The highest relative Seebeck coef-

ficient for the ORBIT 1.2um process is 78GV/K for n-poly/p™-active layer thermocouples[22].

The Seebeck coefficient is a positive value for materials in which holes dominate conduc-
tion, as in p-type materials, and negative where charge is transported by electrons, as in n-type
materials. The relative Seebeck coefficient determines the voltage generation of a thermocouple,
implying that combining a p-type leg with an n-type leg will achieve the largest voltages. Fur-
thermore, although a potential is generated whenever a thermal gradient is maintained from one
end of the sample to the other, two legs of the same material will not produce any voltage due to
symmetry.



Figureof Merit
Although respectably large voltages can be reached by thermocouple materials with high

relative Seebeck coefficients, often those same materials have high resistivity and high thermal
conductivities, which decreases overall thermal conversion efficiency. It isthen convenient to
define athermoelectric figure of merit, Z:

o 2

pk
where, a isthe Seebeck coefficient, p isresistivity and k isthermal conductivity. Therefore,
materials with high Seebeck coefficients, low electrical resistivity and low thermal conductivity
make the most efficient thermal power converters. Among semiconductors, doping levels with
carrier concentrations around 101° cm 3 produce the highest Z values [17].

The optimal figure of merit for a thermocouple depends on the geometry of the thermo-
couple, and is obtained under the following condition:

AR pyk
D—bD _ "bTa
A0 Pakp

where, A, and A, are the cross sectional areas of the two legs. The figure of merit for an optimal
thermocoupl e can then be expressed by [19]:

2
7 O(ab

opt = 2
(«/paka"' pbkb)

In the following analysis, the Seebeck coefficient of the fabricated thermopilesisthe pri-
mary thermoelectric property that will be discussed. It isimportant, however, to be aware of the
other effects in determining the thermopile materials for optimal performance. Milanovic et al
discuss simulation and measured values based on Seebeck, Peltier and Thomson thermoel ectric
effectsin [23].

Thermal Time Constant
The thermal time constant is, in essence, the response time of the thermopile. It describes

how fast the output of the thermopile responds to the change of an input signal. For a step input
having power P, the thermal time constant, T, can be determined using [19]:

t

O =0

AT = Pa—e™d
GO 0
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where, G isthe total thermal conductance between the heater and the heat sink. Applied to a
microrocket thermopile, the thermal resistances of the silicon, thermopile, air cavities and heater
by means of conduction, convection and radiation must be included in G.

The thermal time constant can be cal culated as the product of the thermal capacitance, C;,
and the thermal resistance, R;, as given by:

_ L _
RI_@ Ct_CppV

where, L islength (m), kis thermal conductivity (Wm™K™), Aisarea(m?), ¢, is specific heat

capacity (kg K1), p ismaterial density (kg/m3), and V is volume (m®). The thermal time con-

Thermal Time Constant vs. % Silicon in Thermal
Isolation Ring
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Figure 27. Thermal time constant change with % silicon in the thermal isolation ring, a
series of backside-etched cavities. Thermal isolation ring is outlined by dashed line.

stant and the ultimate temperature differential over the thermopile are related to the thermal con-
ductivity of the donut-shaped region where the thermopiles are located. By decreasing the
thermal conductivity in order to increase the temperature differential, the thermal time constant
will increase. This can be done by eliminating much of the silicon present in the thermopile ring
area since silicon has a much higher thermal conductivity than air. In Figure 27, the thermal time
constant is plotted versus % silicon inthe thermal isolation ring. Only conduction in thisringis
considered. The fabricated nozzle ring is about 12% silicon. Therefore, the predicted time con-
stant for just the thermal isolation ring is about 25 ms.

6.2 Simulation

Ultimately, the temperature differential between the hot and cold junctions of the thermo-
pile will determine the expected voltage generation. In order to get an estimate of the temperature
distribution on the silicon nozzle chip for various configurations of etched thermal isolation cavi-
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tiesin the thermal isolation ring, simulations were performed using MEMCAD ™ thermal model-

ing tools. MEMCA D™ uses finite element and boundary element solversto determine
properties of meshed structures. While used mainly as a design tool to determine the best config-
uration of holesin the silicon for maximum power generation, the simulated temperature distribu-
tion can be used as a baseline for determining expected thermopile performance. Only the silicon
portion of the nozzle die was modeled since it is assumed that most of the heat transferred to the
outer edges of the die will be through the silicon. Some heat transfer through the thermopile legs
and LSN membrane is expected, but it does not effect the comparison of thermal isolation hole
patternsin the silicon.

As an approximation of steady-state rocket flight conditions, a constant temperature of

1000 K was applied to the interior of the nozzle with an ambient air flow of 1x10° ums® at 300 K
over therest of the silicon surface. Simulationswererun for no thermal isolation cavities, cavities
only under thermopiles, cavities under thermopiles with additional large holes and cavities under
thermopiles with additional small holes. The same total volume of silicon was removed for the
additional large holes and the additional small holes cases.

Figure 28. Smulated temperature distribution over a 5 mm square die
for left) holes only under thermopiles and right) additional large holes.

Simulated temperature profiles over the silicon surface of 5 mm square die for the case
having holes only under thermopiles and the case with additional large holes are shown in Figure
28. Anomalies near the nozzle are the result of meshing irregularities. Asamore qualitative
comparison of the different models, the plot in Figure 29 shows temperature distributions along
the silicon surface starting from the nozzle and progressing upward toward the top of the die.
From the plot, it is clear that increasing the volume of holes around the thermal isolation ring
resultsin larger temperature differentials from one side of the ring to the other. The size of the
thermal isolation holes does not seem to be much of afactor, which becomes apparent given that
the same total hole volume isremoved in the additional large and small hole cases and both result
in similar temperature differences. The maximum steady-state temperature difference between
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the hot side of the thermopile and the cold side of the thermopileis approximately 125 K for both
added hole models. Based on these simulation results, the design with holes under thermopiles
and additional large holes was used for fabrication.

Temperature vs. Distance Along Silicon Surface
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Figure 29. Plot of temperature vs. distance along silicon surface. Various hole configu-
rations in thermal isolation ring are compared.

6.3 Thermopile Testing

10-junction thermopiles were fabricated using the process illustrated in Figure 12. Three
thermopile material combinations were used: n-poly/p-poly, n-poly/aluminum and p-poly/alumi-
num. For each material combination, thermopiles were placed either spanning thermal isolation
cavities or with the cold junction suspended over the cavity. A comparison of the three thermo-
piles and suspended versus non-suspended thermopiles was conducted to determine which oneis
the most efficient thermal power converter. Thermopile time constants were measured aswell as
voltages during propellant combustion. The micrograph in Figure 30 is an example of a sus-
pended 10-junction n-poly/aluminum thermopile.

Determining the Best Thermopile Materials and Positioning
Thermopiles made up of ten thermocouple junctions were fabricated and tested on chips

without nozzle holes, such that the polysilicon heater was heating the silicon substrate directly, as
shown in Figure 31. Figure 32 aand b show the voltage and power thermopile output plotted ver-
susinput heater power for each thermopile material. P-poly/n-poly thermopiles generated the
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Figure 30. N-poly/aluminum 10-junction ther-
mopile suspended on LSN membrane.

Igniters
here, but
barely
visible

Figure 31. Slicon nozze die with no nozze
etched. Ignitersin the center of the die heat sili-
con surface directly for thermopile testing.

highest voltages and the highest power over the entire range of heater inputs. Since the power dis-
sipated in the heater is linearly related to it's temperature rise, it also becomes clear that Seebeck
voltages rise linearly with heater temperature. By measuring the resistance rise in the heater as
power dissipation increases, the temperature can be calculated as discussed in 5.1. In Figure 32,
200 mW of heater power corresponds roughly to K li@ater temperature rise.

Figure 33 shows a comparison of power output for suspended and non-suspended thermo-
piles; suspending cold junctions over thermal isolation cavities was found to degrade performance
for all material combinations. P-poly/n-poly data is plotted.
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Figure 32 Plots of a) thermopile voltage output and b) thermopile
power output vs. input heater power
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Thermopile Power Generation vs. Heater Power for Suspended and Non-Suspended Thermopiles
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Figure 33. Comparison of power output for suspended vs. non-sus-
pended p-poly/n-poly thermopiles (plotted against heater power).

Measured Time Constant

Using similar test die with no nozzle hole etched, the thermal time constant of the thermo-
piles was measured. While supplying a step input to the heater, thermopile output voltage was
monitored. Increasing thermopile voltage outputsfor 0.4 s, 1 sand 2 sinput pulsesat 100 V are
shown in Figure 34 a-c. Although the time constants tend to increase with increasing pulse
length, the modeled fit becomesworse. It sufficesto say that thermopiles sensing a heat sourcein
the center of the chip have atime constant in the realm of 0.1 s. Since this value is much smaller
than the microrocket burn time, it can be assumed that a steady-state condition is reached during
combustion, making the simulated temperature distributions applicable for the majority of the
burn. The 0.1 sthermopile time constant is also much larger than the 25 ms predicted for the ther-
mal isolation ring only, meaning that the heating of the center portion of the chip and of their ther-
mopile structure itself contribute significantly toward increasing the time constant.

Performance During Combustion
Correlating the 70 K heater temperature increase linearly with the 700 K simulated tem-

perature differential from nozzle to chip edge, a12.5 K temperature differential between the hot
and cold side of the thermopile can be assumed. This correspondsto a Seebeck coefficient of 320
HUV/K for p-poly/n-poly 10-junction thermopiles (32 uV/K per thermocouple), about 4% of the
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Figure 34 Thermopile Voltage Output after 100V input to heater of pulse length a)0.4 s,
b)1.0s,and c)2.0s. Time constantsare 0.076 s, 0.119 s, and 0.152 s, respectively.

maximum reported values. Assuming a more optimal Seebeck coefficient of 785 uV/K for ap-
poly/n-poly thermocouple junction and a 10-junction thermopile resistance of 50 kOhms and that
each chip has 12 such thermopiles, nearly 12 V and 60 pW could potentially be generated on a
nozzle chip with a 125 K temperature differential. For a7 second burn, this amounts to about

9x10™’ of the total energy of the rocket system. However, with HTPB/AP flame temperatures

capable of reaching over 3000 K, the simulated steady-state 125 K temperature differential can be
considered quite conservative.

Thermopile voltages were monitored during combustion occurring on the nozzle die (with
ignition performed by the polysiliconigniter). Sustained voltages of over 1.2V per p-poly/n-poly
10-junction thermopile were observed during combustion. By placing aresistor of known resis-
tance in series with the thermopile, 10-junction thermopile power output was measured with max-
imum values of 10-20 uW. Thisvalueis higher than the most optimistic predictions, likely
because the temperature differential generated across the thermopilesis much larger than
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expected. For anarray of 12 10-junction thermopiles, hundreds of microwatts could be generated,
which would certainly be adequate to drive low-power CMOS circuitry.

One difficulty encountered in drawing power from thermopiles is that as a thermopile’s
voltage output increases, its resistance does as well, making it difficult to optimize power output
for the entire burn time. Further experimentation is needed to determine the optimal load on a
thermopile during operation.

In the rocket design presented, the nozzle die is considered fully populated with thermo-
piles when twelve 10-junction thermopiles are on the die. Increasing the number of thermocouple
junctions placed around the rocket by making thinner legs, packing thermopiles more densely or
using multiple tiers of thermopile rings is possible. This could potentially lead to much higher
power output at the expense of more die surface dedicated to thermopiles.

7. Recommendations and Conclusions

In this body of research, a complete microrocket system has been presented. Although
components are not optimally designed, functionality is demonstrated and measured results pre-
sented. Microrockets of mass less than 1 g are capable of producing thrust as high as 15 mN for

nearly half of a second, with burn rates of 1-3rifmSteady thrusts of approximately 2 mN have

also been observed for several seconds. A microfabrication process for producing a microrocket
nozzle integrated with polysilicon igniters and thermal power converters with backside-etched
thermal isolation cavities has been completed. Ignition of HTPB/AP propellant by polysilicon
resistive heaters has been demonstrated with power consumption as low as 0.2 W. Thermopiles
were fabricated in the same process; n-poly/p-poly thermopiles generated the highest voltage and
output power of those tested. Performance during microrocket operation indicates that fora 1 g
rocket, hundreds of microwatts could be generated at nearly 12 volts by a rocket in flight for upto
7 seconds. Generalized conclusions and recommendations for improvement are stated below.

7.1 Propellant

HTPB/AP is an adequate microrocket propellant, with improved burning through small
cross sections when AP particle size is decreased. Adding Al powder to the fuel is not appropriate
for microrockets, as Al particles combust outside of a millimeter-scale combustion chamber and
often clog sub-millimeter nozzle openings.

7.2 Fabrication

Cylindrical ceramic combustion chambers offer an advantage over 2-D combustion cham-
bers fabricated in metal or silicon due primarily to lower thermal conductivity and better geome-
try for containing high pressures. Further investigation of combustion chamber geometries
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should be performed, however, in order to decrease the mass of the system while maintaining
thermal insulation and structural robustness. Integrating combustion chamber fabrication with
nozzle fabrication would result in bulk fabrication and low-cost microrockets. To do this, micro-
machinable combustion chamber materials could be aligned with and bonded to silicon nozzles as
part of the fabrication process.

Microprocessing techniques can be used successfully to integrate polysilicon resistive
heating igniters and thermopile structures for power generation with micronozzles on silicon
chips. Nozzle geometries remain to be optimized. One strategy for thisisto control DRIE pro-
cess parametersin order to form nozzles of varying geometries.

7.3 Ignition

Successful ignition by means of aresistive polysilicon heater suspended in an LSN mem-
brane has been demonstrated, with a minimum input power of 0.2 W. Heater temperature can
increase by more than 1000 K during this process. Further investigation of alternative ignition
methods and their integration with microfabrication processes might result in lower power or
more robust ignition mechanisms.

7.4 Thrust and Flight

Thrust is generated by the proposed microrocket system, but not enough for flight on
earth. Nozzle optimization should result in significant increases to microrocket thrust. Lower
microrocket mass and optimized geometries will make the rocket suitable for flight, with potential
accelerations reaching 25g at thrust levels of about 40 mN. For higher-thrust applications, explo-
sive propulsion by means of sealed combustion chambers may be viable, and could potentially be
used in conjunction with rocket propulsion.

7.5 Power Conversion

The temperatures can reach thousands of degrees during propellant combustion. Temper-
ature differentials between thermally isolated areas on the rocket can be exploited to convert ther-
mal energy into electrical energy. A convenient way of doing thisis by integrating thermopiles
on the silicon nozzle chip. Substantial voltages and potentially hundreds of uW of power can be
used to drive on-board circuitry, or potentially control surfaces for guided microrocket flight. An
order of magnitude improved thermopile performance could be achieved by using optimal ther-
mopile materials and increasing the number of thermopiles.

7.6 Wrap-Up
Thiswork has demonstrated the feasibility of a microrocket system designed for flight. A
broad range of topics and considerations have been touched on, from propellant combustion anal-



ysis to microfabrication techniques for thermal power converters. Deeper investigation into each
domain addressed should bring about significant microrocket performance improvements. The
next step is performance optimization, and potentially the addition of control surfacesfor guided
missions.
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